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Abstract 
Experimental and numerical investigations were conducted into the damage growth and collapse behaviour of 
composite blade-stiffened structures. Four panel types were tested, consisting of two secondary bonded skin-
stiffener designs in both undamaged and pre-damaged configurations. The pre-damaged configurations were 
manufactured by replacing the skin-stiffener adhesive with a centrally located, full-width Teflon strip. All panels 
were loaded in compression to collapse, which was characterised by complex postbuckling deformation patterns 
and ply damage, particularly in the stiffener. For the pre-damaged panels, significant crack growth was seen in 
the skin-stiffener interface prior to collapse, which caused a reduction in load-carrying capacity. In the numerical 
analysis of the undamaged panels, collapse was predicted using a ply failure degradation model, and a global-
local approach that monitored a strength-based criterion in the skin-stiffener interface. The pre-damaged models 
were analysed with ply degradation and a method for capturing interlaminar crack growth based on multi-point 
constraints controlled using the Virtual Crack Closure Technique. The numerical approach gave close correlation 
with experimental results, and allowed for an in-depth analysis of the damage growth and failure mechanisms 
contributing to panel collapse. The successful prediction of collapse under the combination of deep postbuckling 
deformations and several composite damage mechanisms has application for the next generation of composite 
aircraft designs. 
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1. Introduction 
Fibre-reinforced composite materials have seen increased used in the aerospace industry as a result of their high 
specific strength and stiffness, amongst other properties. For metallic aircraft, the use of “postbuckling” 
structures that are designed to withstand loads significantly higher than buckling loads has led to highly efficient 
structures. However, the application of postbuckling design with composite structures has been limited, as 
current analysis tools are not capable of accurately representing the damage mechanisms that lead to structural 
collapse of composites in compression. The critical failure mechanisms for stiffened composite structures in 
compression are skin-stiffener debonding, which includes adhesive failure in secondary bonded structures or 
delamination at or around the skin-stiffener interface in co-cured structures, and fibre fracture in the stiffeners. 
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Matrix cracking is generally not considered critical to structural collapse, but can have important local effects 
and so is also an important failure mode.  
 
In analysing failure of composite structures, many authors present analysis and comparison with experimental 
results that feature only one failure mode, such as interlaminar crack growth [1-2] or ply failure [3-4]. Whilst 
necessary for validation of numerical models, application to structures representative of real designs is required, 
as these can fail due to a complex interaction of different failure mechanisms [5-6]. Separately, in the analysis of 
secondary bonded stiffened structures, the fracture properties of the adhesive between the skin and stiffener are 
often taken from values characterised with fracture mechanics tests between two plies [7-8]. This is despite the 
fact that the fracture toughness of adhesives is generally an order of magnitude higher than for composite plies 
[9], which indicates that the method for handling secondary bonded structures in analysis requires further 
investigation. 
 
In this work, experimental and numerical investigations were performed into postbuckling blade-stiffened 
structures, representative of composite fuselage designs. Two secondary bonded panel designs were investigated, 
both undamaged and with a Teflon skin-stiffener debond. In the experimental work, the panels were loaded in 
compression to collapse, which was characterised by complex postbuckling deformation patterns, ply damage, 
and growth of the debonded area for the pre-damaged panels. In the numerical analysis of the undamaged panels, 
collapse was predicted using a ply failure degradation model, and a global-local approach that monitored a 
strength-based criterion in the skin-stiffener interface. The pre-damaged models were analysed with ply 
degradation and a method for capturing interlaminar crack growth based on multi-point constraints controlled 
using the Virtual Crack Closure Technique and accounting for self-similar crack growth in propagation. The 
experimental and numerical results are compared in terms of panel behaviour, damage progression and collapse 
loads, and this comparison is used to validate the various approaches for capturing the critical damage 
mechanisms.  
 
This work is part of the four-year European Commission Project COCOMAT (Improved MATerial Exploitation 
at Safe Design of COmposite Airframe Structures by Accurate Simulation of COllapse) [10-11], which aims to 
exploit the large strength reserves of composite aerospace structures through the development of validated tools 
to capture the critical damage mechanisms leading to collapse.  
 
2. Analysis Methodology 
A methodology was developed for the collapse analysis of composite structures taking degradation into account 
[12-13]. The methodology combines an approach for detecting initiation of interlaminar damage, and separate 
degradation models for in-plane failure and interlaminar crack growth. This approach has been implemented into 
the nonlinear finite element (FE) solver MSC.Marc (Marc) with user subroutines, and incorporated into the pre- 
and post-processing software MSC.Patran (Patran) as a comprehensive analysis tool.  
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2.1. Initiation of Interlaminar Damage 
The approach for predicting the initiation of interlaminar damage in the skin-stiffener interface was based on a 
global-local technique. In this technique, a global shell model of the full structure was used to determine the 
complete deformation field, which was then input as boundary conditions on a local three-dimensional (3D) 
brick model of a skin-stiffener interface. In the local model a strength criterion was monitored at all elements to 
predict the initiation of delamination or skin-stiffener separation. The criterion applied was the “degenerated 
Tsai” equation as given by Tong [14] and was defined as  
 ( ) ( ) ( ) 12yzyz2z2x ³++ SτZσXσ TT , (1) 
where sx, sz, tyz and XT, ZT, Syz are stresses and strengths in the longitudinal, through-thickness tensile and shear 
directions, respectively. Failure was deemed to occur when the average of all integration point values in an 
element satisfied this criterion. By modifying the location of the 3D local model, the initiation of interlaminar 
damage throughout the panel could be investigated to determine the most critical skin-stiffener interface 
location. The prediction of delamination in local skin-stiffener interfaces using this approach has been 
successfully demonstrated previously [15].  
 
2.2. Ply Damage 
For the ply damage degradation model, an approach based on the Hashin [16] failure criteria and stiffness 
reduction method of Chang and Lessard [17] was used, as summarised in Table 1, where s11, s22, t12 and X, Y, 
S12 are stresses and strengths in the fibre, in-plane transverse and shear directions, S23 is the through-thickness 
shear strength (assumed equal to S12 for a transversely isotropic ply), and subscripts T and C refer to tension and 
compression. The criteria for fibre failure, matrix cracking and fibre-matrix shear failure were monitored and 
used to reduce the appropriate material properties to zero upon detection of failure. The reduction to zero was 
selected to represent complete loss of stiffness at failure, and was not found in this work to lead to numerical 
convergence issues.  
 
2.3. Interlaminar Damage Growth 
In the interlaminar damage growth model [18-19], pre-existing interlaminar damage in the skin-stiffener 
interface was represented as a debonded region between the skin and stiffener. Nominally coincident shell layers 
were connected with user-defined multi-point constraints (MPCs). The user-defined MPCs were given one of 
three “states”, which were used to define the intact (state 0), crack front (state 1) and debonded (state 2) regions. 
Gap elements were used in any debonded region to prevent crossover of the two sublaminates.  
 
At the end of every nonlinear analysis increment, the Virtual Crack Closure Technique (VCCT) [20] was used to 
determine the strain energy release rates of all MPCs on the crack front. The VCCT equations accounted for 
arbitrary element sizes, and an algorithm was written to determine the local coordinate system from the adjacent 
crack front nodes, following recommendations given in Ref. [21]. The onset of propagation was determined 
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using the B-K criterion [22], with modification for the inclusion of the mode III component following the 
suggestion given in Ref. [1], given by  
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where G are the strain energy release rates in the modes I, II and III, GC are fracture toughness values, and h is a 
curve fit parameter found from mixed-mode test data. For crack propagation, an iterative method was applied, 
which was defined as follows:  
1. At the end of every increment, the VCCT with Equation (2) was used to determine the set of crack front 
nodes at which crack growth or “failure” was deemed to occur. 
2. The values of GI, GII and GIII were reduced based on the shape of local crack front to be created upon 
release of failing MPCs. 
3. Equation (2) was used again with the reduced strain energy release rates, to determine a new set of failing 
MPCs. 
4. Steps 2 and 3 were repeated until a consistent set of failing MPCs (or no MPCs were found to fail) using the 
reduced strain energy release rates. 
5. Any failing crack front MPCs were then “released” or set from state 1 to state 2 for the start of the next 
increment. 
The iterative method was an extension of the simple “fail-release” approach, which would consist of only Steps 
1 and 5 as given above. The reductions in the strain energy release rate in Step 2 were necessary as it has been 
found that the strain energy released in propagation is dependent on the shape of the local crack front created 
upon crack growth. This affects the VCCT assumption that crack growth occurs in a self-similar manner, which 
can be violated when crack propagation is performed arbitrarily. Critically, this means that the fail-release 
approach, which is the method most commonly combined with VCCT to model crack propagation, can lead to 
significant over-estimation of the strain energy release rates, particularly in mode I crack opening. The iterative 
propagation method has been demonstrated in both single mode and mixed-mode investigations to give more 
realistic estimations of the strain energy released in crack growth than a simple fail-release approach [18-19]. 
 
3. Test Panels 
Fuselage-representative panels consisting of a skin and single stiffener were manufactured and tested at 
Aernnova Engineering Solutions (Aernnova) as part of the COCOMAT project. These panels used the 
COCOMAT Design 1 (D1) and Design 2 (D2) configurations, where each configuration had both undamaged 
and pre-damaged panels tested. Two geometric configurations were investigated in order to provide a broad 
experimental data base of fuselage-representative panel designs. The panels consisted of a flat skin and 
secondary-bonded single stiffener. There were four types of panels tested, which consisted of the COCOMAT 
D1 and D2 skin-stiffener designs in both undamaged (intact) and pre-damaged (debonded) configurations. The 
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debonded regions were created by replacing the bonding adhesive with a strip of Teflon across the width of the 
stiffener flange. The panels were encased in potting to ensure an even distribution of the applied load. In 
experimental testing, a range of data collection devices were applied, which included strain gauges, video 
recordings and LVDTs on the stiffener, skin and between the loading grips. Panel details are summarised in 
Table 2 and Figure 1.  
 
4. Intact Panels 
4.1. Experimental Results 
For the intact panels, Figure 2 shows images of the buckling patterns and failure modes taken during testing. 
There were three panels tested for both D1 and D2 configurations, and there was good agreement for each 
configuration in terms of structural stiffness and panel behaviour. Under compression, the D1 panels all showed 
a buckling pattern of eight buckling half sine waves, leading to collapse caused by ply damage around the loaded 
or clamped ends. The D2 panels buckled into an asymmetric pattern of an inwards and outwards half wave, and 
failure occurred near the centre of the panel, though closer to the loaded end. All panels displayed explosive 
failure at collapse, where the failed panels showed a wide range of damage types, which included fibre fracture 
in the stiffener, and matrix cracking and delamination around the skin-stiffener interface. However, the 
development of all ply damage types was instantaneous, and it was not possible to determine the sequence of 
damage progression. 
 
4.2. Numerical Analysis 
Finite element models were created for global and local analysis of both panel types. The global models 
consisted of a regular grid of shell elements, where the flange and skin were modelled using separate but 
coincident shell element layers connected by pin-jointed tying constraints. Although coincident nodal planes 
were used, dummy (negligible stiffness) plies were used in order to offset the shell mid-plane where required. 
Figure 3 gives the load and boundary condition definition for the global models. The local models were 
generated using solid brick elements at a ply-level mesh refinement, as shown in Figure 3 for the D1 panel. The 
local models used 8 elements along the length of the panel, corresponding to a cross-section 4 mm thick, and 
applied a global-local boundary condition to the nodes on the two end faces of the cross-section that 
corresponded to the 21 nodes in the global cross-section. A summary of all FE models is given in Table 3. 
Material properties are summarised in Table 4, which were taken from characterisation tests performed by the 
COCOMAT partners, and the mixed-mode coefficient h was taken from data in Ref. [23]. The strength 
properties were previously presented by Degenhardt et al. [24]. 
 
All models were run in Marc v2005r3 using the nonlinear solver with a full Newton-Raphson procedure and a 
load residuals tolerance of 0.01. Analysis results are given below, where Figure 4 shows the deformation and ply 
damage, Figure 5 gives the load-displacement curves, and Figure 6 and Figure 7 give the local model 
deformation shape and delamination prediction. 
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For the intact panels, the D1 numerical model gave very good correlation with the experimental panel stiffness, 
and showed eight buckling half sine waves, which correlated well with the experimental pattern. The D2 model 
predicted three half waves, and whilst this was different from that seen experimentally, the stiffness also gave 
very good correlation with the test data. For both models, delamination was predicted to initiate in the local 
models prior to the onset of fibre failure in the stiffener, where the latter led to collapse in the numerical models. 
The experimental collapse values gave closer comparison with the local failure predictions, which indicated that 
skin-stiffener debonding triggered collapse, though this was not able to be determined in the experimental panels 
due to the instantaneous nature of the failure.  
 
In the D1 panel, debonding was predicted to occur at an anti-nodal line, where the buckling deformations were at 
a maximum, whilst the D2 panel showed debonding at a nodal line due to a high degree of twisting, as seen in 
Figure 4 and Figure 7. Though the debonding and fibre fracture locations did not exactly correspond to the 
damage sites seen in the experiment, this was the result of the different displacement patterns and the fact that 
due to the periodic nature of the buckling patterns the failure indices at all of the other nodal and anti-nodal lines 
were very close. However, the comparison in Figure 5 clearly shows that the developed analysis methodology 
was capable of predicting the load-carrying capacity of the panels, and the collapse predictions were realistic and 
within the experimental scatter of the results.  
 
5. Debonded Panels 
5.1. Experimental Results 
The debonded panels were nominally identical to the intact panels, except for a full-width debond located 
centrally in the skin-stiffener interface, and were statically loaded in compression until collapse. Figure 8 shows 
images of the buckling patterns and failure modes taken during testing. There were six D1 panels tested and nine 
D2 panels tested, where three of the D2 panels showed significantly different structural stiffness and were 
excluded as outliers, though in general the results showed good consistency for each configuration. All debonded 
panels gave similar results, which involved local buckling of the debond region, lateral deflection of the 
stiffener, growth of the debond in the skin-stiffener interface, and final collapse as shown in Figure 8. 
 
Following the collapse testing, an investigation into the crack growth in the skin-stiffener interface was 
conducted, using one panel each from the D1 and D2 debonded configurations. Ultrasonic scans of the collapsed 
panels were conducted to determine the extent of debonding in the skin-stiffener interface. The panels were then 
cut into sections around the debond growth regions, with the skin and stiffener separated and the bonded 
interface inspected visually. From this investigation, Figure 8(d)-(e) shows the D1 and D2 stiffeners and Figure 9 
gives close up images of the D1 skin and D2 stiffener. 
 
Under compression loading, the skins of all panels buckled away from the flange in a single half-wave that 
covered the entire flange width. Flange buckling varied between designs, where the D1 panels gave mostly 
symmetrical flange buckles consisting of single half-waves buckling away from the skin, and the D2 panels gave 
 7 
two types of behaviour involving anti-symmetric patterns, one with multiple half-waves per flange both buckling 
away from the skin (Figure 8(b)), and the other with single half-waves buckling on one side away and on the 
other side with the skin.  
 
Collapse of the panels was characterised by fibre fracture and delaminations in the stiffener, growth of the skin-
stiffener debond, and matrix cracking in the stiffener, flange and skin. From the test results, it is thought that the 
lateral deflection of the stiffener caused delaminations in the central +45°/0° interfaces of the stiffener, which led 
to catastrophic failure involving fibre fracture in the 0° stiffener plies and extensive growth of the debond in and 
around the skin-stiffener interface, though further post-test panel analysis is required to identify the failure 
sequence.  
 
The investigation into the skin-stiffener interfaces of the collapsed panels revealed significant differences 
between the D1 and D2 panels. The bonding of the adhesive in the D2 panel appeared to be of much higher 
quality than in the D1 panel. This was seen in the inspection of the skin-stiffener interfaces, both in the 
appearance of the adhesive, and from surfaces visible on the crack faces indicating at which interface cracking 
occurred. For the D2 panel, the fracture surface was dominated by the ply material, which indicated that the 
debond moved to an adjacent interface between two plies. For the D1 panels, the ply material was seen mainly 
underneath the stiffener, and there were significant regions of adhesive visible in the areas underneath the 
flanges. Furthermore, the adhesive fracture surfaces themselves appear different, with the D2 adhesive regions 
characterised by fine and tightly packed voids, whilst the D1 panel had larger and more loosely spaced void 
regions. Also, for significant portions of the D1 surfaces it appears the adhesive has not properly wet both 
surfaces, resulting in the appearance of cured adhesive on the stiffener (see Figure 9 left), and glossy or dark 
regions on the skin. This was not seen in for the D2 surfaces, which showed consistent tight-packed voids in the 
regions of adhesive failure, further indicating that the adhesive did not bond well with the regions underneath the 
D1 flange. 
 
From inspection of the panels, it appears that the most likely reason for the difference in bonding quality of the 
two panels was the difference in distortion and bending of the flanges in the manufacturing process. In curing, 
the asymmetric flanges ([(±45)3, 06]S for D1 and [±45,02,902]S for D2) led to distortion, which would cause the 
D1 panels to bend inwards and the D2 panels to bend outwards. This “springback” behaviour was noted during 
manufacture, and special moulding tools to account for this were developed. However, from Figure 8(d)-(e), it 
can be seen that the tooling may not have fully corrected the problem, as the D1 stiffener appeared to show 
inwards bending due to springback, while the D2 stiffener appeared fairly straight or even slightly bent 
outwards. This would mean that when the skins and stiffeners were pressed together during bonding there would 
have been less pressure applied underneath the flanges of the D1 stiffeners, which would have had a significant 
effect on the bonding process.  
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Assuming that the D1 and D2 panels inspected were representative of the remaining panels, the difference in 
bond quality would have led to significantly higher fracture toughness for the D2 panel. The crack surface of the 
D2 panel indicated that the skin-stiffener debond migrated to a ply-ply interface, which is expected for a well-
designed joint [9] where the strength of the adhesive bond is greater than the interlaminar strength of the 
adjacent plies. The presence of the adhesive on the crack surfaces under the flanges of the D1 panel indicated 
that the bond quality was poor enough so that significant cohesive failure could occur, and furthermore the 
appearance of cured adhesive suggested that areas of skin and stiffener may not have been bonded at all. For the 
small regions of the D2 panel that showed cohesive failure, the difference in void size and spacing compared to 
the D1 panel also reinforced the conclusion that the fracture toughness of the two panel geometries was 
significantly different.  
 
The poor bonding of the D1 panels posed a problem for the investigation, as the experimental results were 
required for validation of the numerical model, particularly the interlaminar growth model. However, it was 
decided that analysis of the D1 panel, and comparison with the D2 panels, would still provide valuable 
information regarding the experimental crack growth behaviour and the capabilities of the numerical models.  
 
5.2. Numerical Analysis 
FE models were created for global analysis of both panel types, and were taken from those used previously for 
the intact panels. For the debonded models, user-defined MPCs were used in the skin-stiffener interface, and the 
debonded region was created by setting their initial states to 1 and 2 for crack front and debonded, as shown in 
Figure 11 for the D1 panel. All models were run in Marc v2005r3 using the nonlinear solver with a full Newton-
Raphson procedure applied, and a tolerance of 0.01 on load residuals. For both D1 and D2 panels, the analyses 
were performed using the fail-release and iterative modification propagation methods previously described.  
 
Analysis results are presented below, where: Figure 12 gives the load-displacement curves; Figure 13 gives the 
strain energy release rate distribution at the upper and lower edges of the debonded area prior to crack growth; 
Figure 14 shows the buckling deformation pattern, where gap elements can be seen across the skin-stiffener 
interface; and, Figure 15 illustrates the ply damage mechanisms present at collapse of the panels. 
 
For the debonded panels, the D1 panel showed skin buckling away from the stiffener in a single half wave, 
which appeared to show good correlation with the experimental shape. The D2 model displayed an asymmetric 
pattern of two half waves for each flange, which agreed well with the initial experimental shape, though the 
experimental buckling pattern of four and five half waves per bay seen under further compression, as shown in 
Figure 8(b), was not matched by the model. In spite of this, the stiffness for both models gave excellent 
correlation with the experiment, particularly in relation to the degree of variance in the test results.  
 
In general, both model configurations displayed similar behaviour, where crack growth initiated at some point 
after buckling of the debonded area, the debonded area increased in size under further compression in 
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conjunction with small amounts of matrix cracking, and this continued until the onset of fibre fracture in the 
stiffener, as shown in Figure 15. The occurrence of crack growth in the numerical model was characterised by 
reductions in the load response of the panel, where the size of the load drop was related to the number of failing 
MPCs being released. Both these aspects compared very well with the experimental panels, and indicated that 
the numerical models were accurately representing the panel behaviour and load response in crack growth. 
 
In terms of the propagation methods, from inspection of the opening displacements in crack growth for both the 
D1 and D2 models, it was again clearly seen that the displacements at a failing MPC in the increment following 
its release were generally much less than those assumed in the VCCT calculation. This justified the use of the 
modification approach, where the strain energy release rates were reduced according to the local crack front 
shape. Additionally, crack growth using the simple fail-release approach tended to occur continuously causing 
only slight reductions in the load response, whereas crack growth using the modification approach occurred in a 
more stop-start fashion, which appeared to replicate the crack jumps and large load drops seen in the experiment 
results.  
 
The D1 model was run with and without the modification approach applied to strain energy release rate values. 
The results, given in Figure 12 left, show that the D1 model was not overly sensitive to the propagation method, 
and that the delay in crack growth introduced by the modification approach led to fibre fracture in the stiffeners 
occurring at lower values of axial compression. This was due to the fact that the increase in debonded area had a 
relaxing effect on the stresses in the panel.  
 
In comparison with experiment, the D1 model gave excellent predictions of the crack growth behaviour, using 
the nominal fracture toughness values that were found from fracture mechanics characterisations tests of a ply-
ply interface. This can be seen in Figure 12 left, where the load-displacement curve of the D1 modification 
model shows close comparison with the experimental results in crack growth. For the D1 models, the collapse of 
the panel due to fibre fracture resulted in a significantly larger reduction in stiffness than was seen in the 
experiment, though as the behaviour of the panel following collapse was of no interest this was not considered as 
important.  
 
For the D2 numerical model, the nominal fracture toughness parameters resulted in significant underestimation 
of the experimental fracture toughness, so that considerably more crack growth was predicted using the nominal 
values than was seen in the experiment. In order to improve this underestimation, the fracture toughness values 
were systematically increased until the crack growth initiation more closely matched the experimental results. 
From this, it was found that the fracture toughness parameters needed to be increased to around five times their 
nominal values, and these results were given in Figure 12 right. The significance of this result is discussed in the 
following section. With the increased fracture toughness values, the model gave very good predictions of the 
behaviour in crack propagation, and the applied load and displacement at final panel collapse.  
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The D1 modification model predicted crack growth to occur first at diagonally opposite corners of the debonded 
area, at axial compression values of 0.79 mm and 0.90 mm. These two instances of crack growth were sub-
critical, in that they did not lead to growth along the rest of the crack front. Sub-critical crack growth is a 
phenomenon that has previously been seen in experimental and numerical investigations of mode II crack 
growth [19]. From the strain energy release rate distribution in Figure 13 left, crack fronts of both the upper and 
lower debond edges were slightly anti-symmetric and were clearly mode II dominated. Following the sub-critical 
crack growth, stable and continuous crack growth was then seen to occur from around 0.94 mm axial 
compression and at the end of the analysis the length of the debonded area had increased from 80 mm to 165 
mm. 
The D2 modification model predicted sub-critical crack growth to occur first underneath the stiffeners, at axial 
compression values of 1.44 mm and 1.46 mm. From the strain energy release rate distribution in Figure 13 right, 
the mode II component was dominant under the stiffeners, though the rest of crack front showed both mode I and 
II components, with the mode III component again negligible. Stable crack growth was seen to occur from 
around 1.74 mm axial compression. For this model, the use of modification approach did have a noticeable 
delaying effect on the crack propagation, which was generally around 0.15 mm to 0.30 mm in axial compression 
and led to a corresponding increase in applied load. At the end of the analysis the length of the debonded area 
had increased from 105 mm to 141 mm.  
 
For the numerical models, the difference in crack growth behaviour between the D1 and D2 panels gave good 
correlation with the nature of the experimental skin-stiffener interfaces observed from post-test inspection. In the 
numerical analysis, the D1 panels gave excellent comparison with experiment using the fracture toughness 
values taken from characterisation tests, whilst the D2 panels required these values to be increased by a factor of 
five in order to achieve good comparison. This indicates that the fracture toughness of the two panels was 
different, and that the D2 panels had a tougher skin-stiffener interface. This agrees with the observations made 
from inspection of the D1 and D2 fracture surfaces, where it was seen that the bonding of the D1 panels was 
quite poor, particularly under the stiffener flange, as a result of flange bending in curing.  
 
It is also interesting to note that the fracture mechanics values taken from testing gave better correlation with the 
poorly bonded skin-stiffener interface of the D1 panels. This appears to indicate that the characterised fracture 
toughness values, which were obtained between two 0° plies in a quasi-isotropic specimen, are more suited to 
represent adhesive failure for the configurations studied. However, the D2 panel behaved more like properly-
designed joints [9], in that failure was not seen in the bonded connection, and instead due to the strength of the 
bonding, failure was forced to occur in a neighbouring ply-ply interface. In this situation, the toughness values 
from characterisation tests underestimated the crack growth behaviour, as the fracture toughness for crack 
growth between plies of different angles is higher than that between two 0° plies [25], and fracture away from 
the skin-stiffener interface would also have involved different geometry and crack growth openings.  
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6. Discussion 
For the intact panels, the use of the strength-based criterion was seen to give accurate predictions for the 
initiation of delamination. However, in order to achieve reasonable results it was necessary to apply a number of 
approaches aimed at mitigating the well-known stress singularity issues. Firstly, failure was determined on an 
element basis, where an average of the failure indices at all integration points in the element was taken. Though 
not demonstrated in this work, mesh refinement studies or previous modelling experience would be required in 
order to ensure that the element sizes were large enough to effectively “average out” the singularity at the flange 
edge, whilst being small enough to capture the stress field accurately. Another approach taken was to use eight 
elements in the axial direction and only consider the stress acting on the inner elements, so as to avoid spuriously 
high stresses at nodes with boundary condition applied. These two approaches ensured that the failure 
predictions were much less influenced by the stress singularity effects, and that the real delamination-causing 
effects such as maximum bending or twisting at the anti-nodal and nodal lines could be accurately captured. 
 
For the analyses into interlaminar crack growth, the nature of the secondary bonded skin-stiffener interface is the 
most critical factor affecting the comparison with experimental results. The fracture toughness parameters were 
all determined from fracture mechanics characterisation tests conducted at a 0°/0° ply-ply interface, and though 
the assumption of analogous behaviour in the ply-adhesive-ply interface is necessary, the accuracy of this 
assumption in general remains largely unknown. In particular, this uncertainty is not only relevant for the 
fracture toughness values, but also for the law governing mixed-mode behaviour and the mixed-mode 
parameters. Additionally, it must be remembered that there is considerable uncertainty associated with fracture 
toughness values in general, where a large amount of variance is typically seen in experimentally determined 
values, particularly in mode II and mixed-mode I-II tests. As such, the properties of the skin-stiffener interface 
may be significantly different from the values taken from the characterisation tests, and an analysis of the 
sensitivity of the results to variations in the fracture parameters may be required. 
 
For the D2 debonded panel specifically, the parametric investigation of the fracture toughness parameters only 
considered increases to both mode I and mode II fracture toughnesses in the same ratio. However, as crack 
growth was largely mode II dominant, particularly under the stiffener, it is likely that increasing only the mode II 
parameter would have led to the same effect. Furthermore, the nominal mode II fracture toughness appears to be 
quite low, with a value of 1.335 kJ/m2 reported in literature [23,26], which is more than two and a half times 
greater than the nominal value used in this work. Based on this value, the mode II fracture toughness value that 
gave improved prediction with the D2 experimental results (2.5 kJ/m2) would represent less than a two-fold 
increase in the value between two similar plies. This result is much closer in line with the results of other 
researchers in characterising the fracture toughness between dissimilar plies [25].  
 
For all analyses, there were a number of factors that considerably influenced comparison with experimental 
results. The influence of mesh density is significant for any analysis, where though the effect on strength-based 
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failure predictions was uncertain, using smaller elements would have led to reduced strain energy release rates 
and less conservative predictions in all crack growth analyses. Another critical factor is the ability of the analysis 
software to accurately capture the correct deformation shape, which is a common issue in the analysis of 
postbuckling structures [27]. Also important for the developed analysis approach is the computation time, which 
ranged from around 40 minutes for local models to up to a few days for models with significant crack growth 
and fibre fracture. However, this order of computation time fits in with the aims of the developed approach to 
form part of a necessarily “slow” analysis tool suitable for aircraft certification, and accurate analysis of crack 
growth and ply failure will always be computationally expensive to some degree. Furthermore, the analysis of 
crack growth did not take into account the effect of residual stresses, which have been found to contribute to the 
total amount of energy released [25].  
 
In spite of these issues, the results demonstrated the advanced capabilities of the analysis methodology for 
investigating the damage mechanisms and collapse behaviour of composite structures. The global-local approach 
allows for the analysis of large and complex structures, and gives detailed information on the failure mechanisms 
acting locally on the skin-stiffener interface. For the crack growth model, the methodology allowed for the 
behaviour of the panel during crack propagation to be analysed. This provided a far more complete picture of the 
crack growth behaviour than current analysis practices in which the first instance of growth along a crack front is 
generally taken as the failure load, particularly as the first instance of crack growth was not found to be critical 
for these panels. This illustrates the way in which the developed methodology represents a marked improvement 
on the high degree of conservatism associated with current design practices, and provides a more realistic and 
accurate analysis of the panel behaviour.  
 
7. Conclusion 
An analysis methodology was developed and implemented into a software tool for the collapse analysis of 
composite structures accounting for the critical damage mechanisms. The methodology includes a global-local 
technique that uses a strength-based criterion to predict the initiation of interlaminar damage, a degradation 
model for interlaminar crack growth that applies user-defined MPCs controlled with the VCCT, and an in-plane 
ply softening approach based the work of Hashin [16] and Chang and Lessard [17]. The methodology was 
implemented into the nonlinear analysis solver of Marc v2005r3 using a combination of user subroutines, and 
incorporated into the pre- and post-processing software Patran as a comprehensive analysis tool. 
 
In this work, the analysis tool was validated using COCOMAT experimental results for single-stiffener panels. 
The test panels used two different fuselage-representative designs, D1 and D2, with both intact and pre-damaged 
configurations tested in compression until collapse. For the intact configurations, failure occurred in the 
postbuckling region due to the onset of skin-stiffener debonds and delaminations, which led to catastrophic 
collapse. For the pre-damaged configurations, skin-stiffener debond regions introduced prior to collapse testing 
grew, and led to sequential failure in the panel stiffeners. For both intact and pre-damaged configurations, the 
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analysis methodology was able to successfully capture the panel behaviour and critical damage mechanisms, and 
gave realistic predictions of the collapse loads. The application of the methodology in this manner allows the 
strength reserve of postbuckling composite designs to be exploited, which has application for the next generation 
of composite aerospace structures. 
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Figure Captions 
Figure 1: Single-stiffener panel geometry. 
Figure 2: Single-stiffener intact panels. Left: D1 anti-symmetric buckling. Middle: D2 anti-symmetric 
buckling. Right: Example damage at failure (D2 test #1) showing fibre fracture, matrix cracking and 
skin-stiffener debonding. 
Figure 3: Single-stiffener panel. Top: Global model, load and boundary conditions. Bottom: Local model skin-
stiffener interface (D1 model shown). 
Figure 4: Single-stiffener intact panels, out-of-plane fringe plot and ply damage failure index at various applied 
displacements (in mm). Top: D1. Bottom: D2. 
Figure 5: Single-stiffener intact panels, applied load versus displacement, experiment and FE predictions. Top: 
D1. Bottom: D2. 
Figure 6: D1 single-stiffener intact panels, local delamination prediction at 1.5 mm applied displacement. 
Figure 7: D2 single-stiffener intact panels, local delamination prediction at 2.73 mm applied displacement. 
Figure 8: Single-stiffener debonded panels (a) Deformation before failure (D2 Test #6) (b) D2 asymmetric 
buckling (D2 Test #8) (c) Damage at failure: skin-stiffener debonding, stiffener delamination and 
fracture (D1 Test #3) (d) D1 stiffener segment (e) D2 stiffener segment. 
Figure 9: Debonded panel segment close-ups. Left: D1 stiffener R. Right: D2 skin R (lower half). 
Figure 10: Single-stiffener panel global FE model skin-stiffener interface (dummy plies not shown). 
Figure 11: Single-stiffener debonded panel global FE model, user-defined MPC definition (D1 model shown). 
Figure 12: Single-stiffener debonded panels, load-displacement. Left: D1. Right: D2. 
Figure 13: Single-stiffener debonded panels, strain energy release rate distribution at onset of crack growth, with 
modification approach. Left: D1. Right: D2. 
Figure 14: Single-stiffener debonded panels, buckling deformation pattern at 0.5 mm applied displacement. Left: 
D1. Right: D2. 
Figure 15 Single-stiffener debonded panels, ply damage at collapse (D2 model). 
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Tables 
 
Table 1: In-plane failure criteria and property reduction 
Failure type Criterion Property reduced 
Fibre,tension ( ) 12
1
22
11 ³TXs  
Fibre, compression ( ) 12
1
22
11 ³CXs  
E11, E22, G12, G23, G31 
Matrix, tension ( ) 12
1
2
12
2
12
22
22 ³+ SYT ts  
Matrix, compression 1
44
1
4
2
1
2
12
2
12
2
23
2
22
2
23
2
22 ³÷
÷
ø
ö
ç
ç
è
æ
++÷÷
ø
ö
çç
è
æ
-
SSS
Y
Y
C
C
sss  
E22 
Fibre-matrix shear, tension ( ) 12
1
2
12
2
12 ³Ss  
Fibre-matrix shear, compression ( ) 12
1
2
12
2
12
22
11 ³+ SX C ss  
G12, G31 
 
Table 2: D1 and D2 single-stiffener panel details, all dimensions in mm 
Parameter D1 D2 
Total length, L 400 500 
Free length, Lf 300 400 
Width, b 64 112 
Skin lay-up [90, ±45, 0]S [±45, 0, 90]S 
Stiffener lay-up [(±45)3, 06]S [±45, 02, 902]S 
Material IM7/8552 UD IM7/8552 UD 
Adhesive FM 300 FM 300 
Ply thickness, t 0.125 0.152 
Stiffener height, h 14 28.9 
Stiffener width, w 32 56 
Debond length, d (debonded panels) 80 105 
 
Table 3: Single-stiffener panel FE model details 
Model Nodes Elements MPCs / Ties 
D1 global 2,430 2,240 shells 729 
D1 local 27,644 22,648 solids - 
D2 global 3,030 2,800 shells 909 
D2 local 34,376 27,736 solids - 
 
Table 4: Material properties for IM7/8552 carbon/epoxy unidirectional tape 
Stiffness property Value Fracture property Value 
E11 [GPa] 147 GI c [kJ/m2] 0.243 
E22 [GPa] 11.8 GII c [kJ/m2] 0.514 
n12 0.3 GIII c* [kJ/m
2] 0.514 
G12 [GPa] 6.0 B-K coefficient, h* 4.6 
G23 [GPa] 4.0   
G31* [GPa] 6.0   
* assumed 
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